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By George G. Edwards and Frederick W. Boltz 

SUMMARY 

A semispaa model of a wing with  the  leading edge swept  back 37.25', 
an aspect r a t io  of 6.04, and a taper  ratio of 0.5 was tested to ascertain 
the  compressibility  effects on the forces, the momsnts, and the surface 
pressures. The WFng had 110 twist and the  profiles normal t o  the quar te r  
chord l ine were the mclcA 641-2l2. 

L i f t ,  drag, and p i t c h w m e n t  data together  with  the chordwise 
distribution of s t a t i c  preesure a t   f ive  spanwise stations are presented 
fo r  Mach rimers from 0.18 t o  0.94 at  a  conetast Reynolds nuuiber of 

a  constant Reynolds nuniber of 1,100,000, and for Mach nunibers  up t o  0.90 
a t  a Reynolds nuniber of 3,000,000. 

I 2,000,000. Force data are presented also for this Mach  nuniber range at 

L 

An analysis of the data is made t o  correlate  the changes In the 
pressure  distribution aver. the w i n g  with  the changes in the t o t a l  forces. 
In this analysis a c r i t i ca l  flow condition is considered t o  exist when 
the component of local VelocTty normal to  the  isobar  equals  the local 
s eed of sound. It is indicated that, at angles of attack between Oo asd 

that a t  which the  cr i t ical  flow condition had occurred at the  crest  line 
of the  entire wing (the crest   l ine being  defined a8 the  locus of points 
on the wing surface at wbfch the surface 'is tangent to  the  direction of 
the undisturbed air stream). For this wing, having moderate  sweepback, 
the  cr i t ical  flow condition was attained at the  crest of the  various 
spanwise stations w i t b  a narrow range of lhch nunibers. 

4%, the  abrupt  drag  Increase be- a t  Mach nunibers slightly higher  than 

Ar? approximate procedure for calculating the draflivergence Bkch 
number from l m p e e d  data is investigated. 

INTRODUCTION 
.i The use of the swept"wing plan form. for delaying the omet of 

serious compressibility  effects  to  higher Mech rimers has received COR- 
I siderable  theoretical and exp'erimental study. A knowledge of the degree 
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to  which these compressibility  effects  can  be delapd and alleviated by 
King sweep is of value..in.the p r o p r  design and application of swept 
wings. It  is important to h o w  the  Mach nuniber above  which  the  rapid 
drag increase, the loss of lift, and the sudden  changes in load distri- 
bution and longitudinal  stability occur. Tbe basic  theory of the  swept 
w i n g  was developed f r o m  consideration of the-flaw over a yawed airfoil 
of infinite span and has served as a very useW.guide for qualitative 
estimates of the benefits of wing sweep. The simple sweep theory does not, however,  taIoe  account of many of the'variables in the flow over a 
swept wing of finite spm. Press- measuremsnts  st  high  bhch nunibers 
correlated  with  measurements of forces and momants are imgortant  to  the 
extension of present  swept-wing theory etnd to .a-be>ter erstanding of 
the flow phenomena involved. 

" 

. -  

- 

/.. .. - 

. .- 

Ih this report,  the  results of such an investigation are presented 
for a wing having mderate sweepback. The testa  were  conducted in the 
Ames M o o t  pressure w i m i  tunnel  at Mach Illmibers f r o m  0.18 to 0.94 and 
a constant  Reynolds number of 2,000,000. In the analysis of the  data, 
&II. e f f o r t  has been made to correlate the  changes fn local WFng pressures 
wLth the resulting changes in t o t d  farces, particularly in the  range aP 
Mach  numbers  for  which  supercritical flow 2s developing on the w i n g .  

- 

NOTATIOlT 

- drag coefficient 

lift  coef f fc  ient 

p i t c w m s n t  coefficient  about the quarter point of the 

wing mean aerodynamic  chord (" 

section chord force 
section  chord-force  coefficient 

qOc ) 
section  mrmal4'orce  coefficient section normal 

'loc 

ratio of lfft to drag 
I 
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drag-divergence mch &r (the fre-tream Mach nuniber a t  
Which (%/a%), = O.lO> 

lift-divergence Mach m e r  (the  free-streanr MBch number a t  . 
which the  absolute value of the l i f t  coefficient at constant 
angle of attack reaches a nmxhum) 

component of local Mach nwliber n o m  t o  the isobar (See fig. 1.) 

the  fre"tream Mach  nuniber a t  which ML = 1 at a specific point 
on the wing 

local pressure coefficient (F) 
local  critical  pressure  coefficient  (the pressure coefficient 

corresponding to   the  critical flow condition wherein the 
component of local  velocity normal t o  the isobar inclined 
at the as@;le cp equals the local speed of sound) 

local  pressure  coefficient f o r  incomgressible flow 

' semispan wing area, square feet  

local air velocity, feet per second 

free-stream  velocity,  feet per second 

component of local  velocity normal t o  the isobG, feet per second 

local speed of sound, feet per second 

speed of sound i n  free stream, feet per second 

local wing chord parallel  t o  plane of symmtry, feet  

average wing chord p a r a e 1  t o  plane of symmetry, feet 
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local s ta t ic  pressure, pounds per square foot 

free-stream s ta t ic  preBsure, pounds per square foot 

fiee-stream m c .  pressure ( govo2) , po- per square foot . .  - 

distance from leading edge along chord line, feet  

perpndiculaz  distance f r o m  p l a n - o f  symnaetry " along semispan, feet  

angle of attack, degrees . .  

uncorrected angle of attack, degrees 

" . " . .. 

" 

ra t io  of specific  heat of air '  at c v t a n t  pressure t o  specific 

heat of air a t  canstant volums (2  = 1.4) 

q l e  of t w i s t  with  respect t o  root chord (positive for washin), 
degrees 

. 

angle of inclfnation of local velocity  vector from free-stream 
direction, d e d e s  

- .. - 7- - 

coefficient of viscosity of a i r ,  slugs per foot-second 

free"stream ma88 density of air, slugs per cubic foot 

local angle of sweep of isobars, degrees (See fig.  1. ) 

An attempt is made in  this report t o  correlate the changes in 
local flow conditions on a w i n g  having 37.25O sweep of the leading edge 
and &z1 aspect ra t io  of 6.04 with  the  abrupt changes in  to ta l  forces 
occurring a t  high, subsonic,  free-rstream &ch numbers. It is convenient 
t o  have a t  hand certain  definitions  relating t o  cr i t fcal  changes in the 
local flaw and in the to t a l  lift and drag on the wing. 
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Crit ical  Flow C o n d i t i o n s  on a Swept W i n g  

5 

The effect of sweepback in delaying the onset of the adverse colp 
pressibility  effects 011 a yawed a i r fo i l  of Fnfinite span has been 
discussed in reference 1. The  component of free-stream  velocity  parallel 
t o  the leading edge of such a wing is assumed t o  have no effect an the 
inauced velocities  resulting from t r a s h t i o n  of the yawed a i r f o i l  in a , 

frictionless  fluid. As m y  be seen in  f igure l(a),  the l o c a l  velocity 
vector B is the  vector sum of the free-stream velocity Vo and the 
additions1 velocity AV, induce,d by the a i r f o i l  thickness. This result- 
ant  vector V is inclined a t  an angle 8 to .  the free stream, which 
fact  implies a l a te ra l  displacement of the stream lines. Lines of 
constant  velocity, and therefor8 lines of constant  pressure (isobars), 
on a yawed airfoil of infinite span are parallel t o  the leading edge. 

Ln contrast to the  case of the myawed airfoil ,   the attainment of 
sonic  velocities on the yawed a i r f o i l  does not  necessarily signify any 
inmediate change in the flow characteristics.  Critical flow conditions 
analogous t o  those on &11 unyawed airfoil w i l l  not exist until the  cow 
p n t  of local velocity norrual to   the  leading edge of the w i n g  equals 
ths local  speed of sound. These cr f t ica l  flow conditions will occur 
along a line of constant  pressure pasallel t o  the lead- edge d 
inclined a t  the sweep &le cp w i t h  the normal t o  the  f rewtream 
direction. The shock wave,  when it forme, w i l l  also be inclined at this 
angle. Ih the appendix,the following eqpression is developed for the 
cr i t i ca l  pressure coefficient based on the  attsinmsnt of c r i t i ca l  flow 
conditions along a line of constant pressure bclined at the angle cp 
w i t h  the normal t o  the fie-trea direction: 

When the  reference sweep angle cp equals zero, as for an m a w e p t  
a i r foi l ,  equation (I) reduces t o  that for c r i t i ca l  pressure coefficient 
given in reference 2. Equation (1) has been evaluated for' h range of 
sweep angles in figure 2. 

The application of this equation in the analysis of pressures on a 
swept w i n g  requires  additional  considerations. When two airfoils me 
joined ES shown fn figure 1( b 1, a swept wing of infinite spss is forma. 
As pointed out in reference 1, the flow at & nertr the plane of 
symmstry is quite  different from that sore distance away inasmuch,as 
there can be no Lateral displacement of the  streamlines at the plane of 
symmetry. guChemRnTl has computed the pressures a t  zero angle of attack 
new the plane of synuuetry of a swept wing of infinite span h ~ v i n g  
biconvex profiles (reference 3) ,  and has found that the isobars are 
normal t o  the free-stream  direction a t  the plane of symmstry and curved 
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in a m e r  t o  approach 
distance from the 'plsne 

the sweep angle of the wing a t  points so- 
of syrmnstry. If f t  is assured that such 

pressure  conditions exist for  the  idealized wing under consideration, it 
is evident that cr i t ica l  conditions will f i r s t  be attained  at  the plane 
of symmetry  where the.effective sweep is zero. A t  some higher free- 
stream Mach nu&er, a shock wave w i l l  form a t  the plane of symmstry d 
with further increase of W h  number w i l l  extend outward. 

It was Concluded in reference 4 that the position of the shock wave 
is determined by the  velocity norm1 t o  the isobars, that is, that the 
shock wave is located at that point where the component of local  velocity 
normal t o  the isobars equals the  local speed of so-. Coneider the 
system of curved isobars  for  the swept wing shown in figure l ( b )  . A 
free-stream hhch nuniber of 0.8 was assumed and the  local  cri t ical  
pressure  coefffcient was computed from equation (l), the reference sweep 
angle cp having been evaluated by measuring the  local sweep .angle of 
the  isobars. It i a   t o  be noted that the line through points at which 
the component of local velocity normal t o  the  isobars equals the local 
speed of sound crossee the isobars, a result which could be anticlpated 
fromthe  fact that the  cr i t ical  pressure  coefficient has been assumed 
t o  be a function of' the sweep of the isobars. This procedure  presumably 
gives the correct  position and the angle of the shock w a v e  a t  two points, aamsly, a t  the plane of s;pmmstry and at  soma distance away, and these 
pofnts are connected by a line which is free from discontinuities or 
abrupt changes of curv-ature. 

For the purpose of wing the  pressure data of this report, the 
c r i t i ca l  flow condition w i l l  be assumed t o  exist when the component of 
local  velocity normal to  the  isobar  equals the local   sped of sound. 
Equation (1) and the sweep of the isobars w i l l  be  used t o  compute the 
local   cr i t ical  pressure coefficient corresponding t o   t h i s   c r i t i c a l  flow 
condition. The free-stream PlIach number at which the  cri t ical  flow 
condition is attained at tt specified  point on the w i n g  xi11 be denoted 
by the symbol s. 

Drag and Lift-Divergeme Mach  Numbere 

In general, cr i t ical  flow conditions do not occur sfmltaneously 
at a l l  spanwise stations on a swept wing of finite span, and the effect 
of the growing region of supercritfcal flow on the lift and drag  forces 
increases  progressively  with Mach  mmiber. 

The drag-divergence Mach rider w i l l  be defined in this report 88 ' 

that free-atream Mach  auniber a t  which the  rate of change of drag coef- 
f icient  with Mach nupiber a t  a constant angle of attack equals 0.10. 
This def initfon is advantageous in that the  draplivergence Mach  number 
can be determined with f a i r  accuracy from plots of CD against .&,, 
asd in tbt it is not p a t l y  affected by &or variations in the drag 

f 
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curve caused by changes in w i n a ; t w l  aix-stream  turbulence or by exper- 
imental scatter in the  data. For similar. reasons, the  lWt4imrgence 
Mach n&er w i l l  be  def ked as that subsonic free-stream bkch n M e r  at 
which the  absolute value of the lift coefficient  at a constant  angle of 
attack reaches a maxirmlm. 

Crest Line 

Sn reference 5 supercritical f l o w  phenomsna on unswept a i r foi ls  
have been analyzed relative t o  the drag  increase a t  high  subsonic Mach 
numbers. !The analysis of experimsntal  pressure  distributions  for a 
nuniber of airfoil sections  indicated that, for an airf 'oil  st a fixed 
angle of attack,  the local region of supersonic flow increased in  
chordwise extent a8 the fr-tream Mach n M e r  was increased beyond 
the  cr i t ical  Mach  nurriber. It was noted that the abrupt supercritical 
drag  increase dld not b e g h  until the supersonfc  region enveloped the 
airfoi l   crest  (the crest bein@; defined a6 the point on the   a i r foi l  
section  at  Khich the  surface is tesgent to the  direction of the undis- 
turbed a i r  stream). With further increase i n  the  free-stream Mach 
nufber,  the  surface  pressures ahead of the crest tended t o  increase 
while those t o  the rear continued t o  decrease, the latter as  a result 
of rearward growth of the local region of sllpersonlc flow. These 

an unswept a i r foi l ,  it appears that the  attainmnt of sonic  velocity at  
the airfoi l   crest  presages  the  rapid  drag  increase w i t h  further  increase 
In the  free-stream bkch lllzzaber. 

- pressure change6 entailed an increase in the  presmre drag and, thus, for  

Although the analysis of the f l o w  over a swept wing of f in i te  span 
involves mre  factors  than does that f o r  as unswept a i r fof l ,  it is 
reasonable to exgect the  crest concept t o  be of value in correlating 
the pressure changes with the drag  increase a t  high Mach numbers. The 
crest line will be defined a6 the locus of points on the w i n g  a t  which 
the  surface is tangent t o  the  direction of the undisturbed  a9r  stream. 
The crest-line  location has been noted on the pressure  plots f o r  the 
upper range of Wch nwibers. 

Local Mach N&er and Local Pressure Coefficient 

The local Mach nmiber is related to the local pressure coefficient 
and t o  the  free-stream Wch m e r  by the  relation 
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For convenience in calculating  the  local h c h  number from the pressure 
data, a graphical  solutign gf equation (2)  has been shown in  figure 3.  

The- semispan -el used in these t e a t s  represented a wing having 
the leading edge  swept .back 37. so, an aspect ra t io  of 6.04, and a 
taper  ratio of 0.5. The wing had no twist and the  profiles n o m 1  t o  the 
q m e r - c h o r d  line were the NACA 641-212. Coordinates fo r  the NACA 64.1412 
a i r f o i l  are  presented in  table I; coordinates of sec t im   pa ra l l e l  t o  the 
free-tream direction are presented in table 11. 

The  model,  which had a s e m f s m s f . 5  feet.,, was constructed of lami- 
nated mahogany secured t o  a s teel  spar. Pressure orifices were installed 
a t  five spanwise stations on the wtng and distributed A.m. the  leading 
edge to  the 8-e.rcent-chord points. Additianal. orificae were installed 
a t  4 0  percent of the chord at   intervals of about 4.  inches from the  root 
to   the   t ip  of the wing. A aketch of the plan form of the modei showing 
pertinent dimensions and the  location of pressure orifices is shown in 
figure 4. 

A photograph of the model installation is presented in figure 5. 
The semispan model was mounted vertically in the w f n d  tunnel  with  the 
floor of the  tunnel  serving  as a reflection plane. The turntable upon 
which the model ms"m6unted was directly connected t o  the force-measuring 
apparatus. Pressures were evaluated from photographic record6 of - 

multip1e-t- manometera. 

r .  

. .. 

Static  1oad.tests were conducted in  order t o  furnish an indicatfon 
of the  effects of the elastic  properties of the model on the  test  results. 
The model was clamped i n . a  horizontal  position and loaded w i t h  lead shot 
as illustrated  in  figure 6 . .  The load was proportioned  both spanwise and 
chordwise t o  simlate the aerodynamic load on the model, for  two specific 
tes t  conditions, aa determined from pressure-distribution  masure~~lents on 
the w-ing. Templates,  were utilized t o  insure an accurate  representation 
of the load. Deflections a t  .the  leading a d  the  trailing edges at   f ive 
spanwise stations were Illeasured with EL height gage. It was established 
that-for duplicated  loadings the twist msasurements could be repeated 
within 10 percent.- figure 6, the upper  photograph shows the model 
loaded t o  produce the  deflections  occurring at a &ch nuniber of 0.75, a - 
Reynolb nuniber -of 2,000,000, and aiuncorr&cted"&i& of -at%ack a, of 
4'. The loadin@; corresponding to a Mach number of 0 .go a t  the same - 

Reynolds  nmiber  &-angle of attack is shown in the lower portion of 
figure 6. . .. " - 

. .  - 

. .  

- . ." 

. .  
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The force and moment data have been corrected for  the  effects of 
tunnel-wall interference,  incluaing  constriction due t o  the  tunnel walls, 
and of turntable  tares. The pressure data have  been corrected only for  
the  effects of constriction due t o  the tunnel. walls. 

Corrections t o  the d a t a  for tunnel-wall  interference were evaluated 
by the msthod ‘of reference 6, modified t o  take  into account the  effects 
of sweep.  The following correctlons were used.: 

No correcticm was applied t o  the pitchfng-moment data. 

The constriction  effects due to  the presence of  the  tunnel walls 
were evaluated by the method of reference 7. Although thfs method is 
s t r ic t ly   appl iab le  only to fulldpan models loca ted  centrally i n  the 
tunnel and does not allow f o r  large  angles of sweep, it has been  used 
as a  reasonable  estimate of the  constriction  effects. The magnitude of 
the  corrections  applied t o  the mch number anri dynamic pressure is illus- 
trated i n  the following table: 

Corrected  Uncorrected Corrected sl, 
Mach nunher Mach mniber Uncorrected s, 

1.002 
1.002 
1.003 
1.003 
1.004 
1.006 
1.008 
1.012 
1.019 

Tare corrections for the a i r  forces exerted 011 the exposed surface 
of the  turntable w e r e  appliett t o  the drag data. The ta&q coeffi- 
cient,  obtained from turntable drag masurements with the model  removed 
from the tunnel, decreased slightly with  increasing Reynolds  nuniber, 

varied from 0.0038 a t  a ReynoliLB  nuniber of 1,100,000 t o  0.0035 a t  a 
Reynolds nuniber of 3,000,000. Interf’erence between the &el and the 
turntable was not investigated, but is believed t o  have been small. 

w but was not  influenced by compressibility. The tare4rag  coefficient 
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The chordwise dietribution of s t a t i c  pressure on the wing at five 
' spanwise stations and the t o t a l  lift, drag, and pitching moment were 

measured a t  Mach numbers in the range from 0.18 t o  0.94- a t  a constant 
Reynolds number of 2,000,000. L i f t ,  drag, and pitching moment were a l s o  
mmsured in this Mach  nuinber range a t  a constant Reynolds number of 
1 , lOO,OOO asd for Mach numbers up t o  0.90 a t  a Reynolds number of 
3,OOO,OOO. With roughness applied t o  the upper and the lower surfaces 
of the wing a t  10 percent of the chord, l i f t ,  drag, and pitching moment 
were  measured a t  Mach  numbers fram 0.18 t o  0.94 at  a Reynolds number of 
2,000,000. 

A t  R I&ch  number of 0.18 the angle of attack was varied from -8O t o  
1g0. A t  higher W2ch numbers the  angle-of-attack range was limited by 
model strength, model vibration, arid tunnel parer. 

Force and Moment Characteristics 

Effects of Mach  nuniber.- The lift, drag, and pitchin@p-momnt  char- 
acterist ics of the w i u  at Mach nupibers from 0.18 to 0.94 for a canstant 
Reynolds number of 2,060,000 are presented Fn figwe 7.- These data are 
s-ized in figures 8 and 9 wherein the  coefficients are plotted  as 
functions of lkch nuniber. The effect of Mach number on the lift-curve 
slope, the aerodynamic center  at zero lift, the maximum lif't-drag  ratio, 
the lift coefficient for maximum l i f t 4 rag   r a t io ,  and the minimum drag 
coefficient-&re  illustrated  in figures 10 and 11.; 

As indicated f r o m  the lift data  presented i n  figure 8, the Mach 
nuniber for lift divergence m s  0.88 at an -le of attack of Oo asd 
decreased to 0.84 at an m e  of attack of 6 . The-liftcurve slope, 
shown in  figure 10, increased w i t h  increasing Mach nuniber approximately 
to   the  libsch rider of lift divergence and decreased  with further increase 
i n  Mach number. Also shown in  figure 10 is the  theoretical  lift-curve 
slope obtained from a chart of reference 8 ~lld corrected  for compressi- 
b i l i t y  b- the msthod of reference 9. The agreement between the  theore+ 
i ca l  values of lift-curve slope a t  zero lift coefficlent and t he  experS 
mental values is excellent up t o  the Mach nmiber for l f f t  divergence. 

. 

The p i t c h i w n t  coefficients for constant lift coefficients 
between 0 and 0.4 becam more negative with increasing Wch m e r  a8 
shown Fn figure 8. As i l lmt ra t ed  in figure 10, the aerodynamic center 
at zero lift coefficient remained a t  about 28.5 percent of the mm 
aerodynamic chord in the range of Mach nuaibers from 0.18 t o  0.78 and then 
mwed aft with  further  increase in MEtch nmiber t o  4.4 percent a t  a Mach 

@ 

a 
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nuniber of 0.94. With reference t a  figure 7(b), it is t o  be noted that 
the  location of the aeroaynamic center was a function of the lift coef- 
ficient  as  lnferred from the  nanlineerity of the   pi tchwmomnt curves, 
particularly  at  the higher Mach numbers. 

The effect of Mach  n-r on the  drag  coefficient corresponding t o  
canstant Etngles of attack is  shown in figure 9. A small, nearly  linear, 
increase in  drag coefficient H t h  increasing Wch nuniber preceded the 
abrupt increase in drag. The drag-divergence Mach n m h r  for which 
(&=/aM,), is equal t o  0.10 is noted on eachodrag curve of figure 9. 
The draedivergence  Mch number was 0.88 at 0 angle of attack and 
gradually decreased  wlth increasing  angle of attack t o  approxhately 0.81 
at bo angle of attack. The varfation of minimum drag coefficient w i t h  
Mach  nuniber is presented in figure 11. Also shown in this  figure are 

drag ratio  as  functions of lkch m e r .  Since the model could  not be 
maintained  aerodynamically smoQth, the minimum drag was probably higher 
and the maximum lift-drag  ratio was probably lower than  for an aerodp 
namically smooth wing. 

the maximum l if t-drag  ratio and the lift coefficient  for maximum lift- 

Fromthe  results of the  force  tests, it is concluded that  the  effects 
of compressibility on the  force and moment characteristics of this WFng 
a t  low and moderate lift coefficients were small up t o  the Mach rnmhers 
fo r  which the abrupt  drag  increase occurred. Deterioration of the 
lffting characteristics of the  whg  at  high Mach nuribers generally  did 
not occur until   the drag had increased by a  considerable amount. 

Effects of Reynolds nuniber and of surface roughness.- In figure 12, 
lift, drag, and pitchwmoment  data  for  constant Reynolds nuibers of 
1,100,000, 2,000,000, and 3,000,000 are presented for mch nunfbers from 
0.18 t o  0.94. Low-speed scale  effects on a model of a wing of tms 
design  investigated in the  langley 19-foot pressure w i n d  tunnel have been 
reported in reference 10. Pmtions of the lift and the pitching-moment 
curves from that reference for a BeJrnolds nuniber of 3,OOO,OOO are shown 
in figure M a )  fo r  comparison with da%a from the  present  tests. A t  the 
same Reynolds nunker the lift coefficient obtained for the 
present  tests was higher  than that .obtained in the  referenced tesks, 
probably due either t o  dlifferences in d e l  surface  conditions or fn a i r -  
stream turbulence. A t  a Mach nuaiber of 0.18, the maximun lift coefficient 
increased  with  increasing Reynolds m e r ,  as did the lift coefficient 
at which the abrupt  decrease in static  longitudinal  stabil i ty occurred. 
At Mach n&rs from 0.90 t o  0.94, a  decrease in Reynolds number from 
2,000,000 to 1,100,OOO resulted in perceptible changes lift-curve 
slope and marked changes in pitching-moment characteristics. 

An inspection of the drag data of figure E ( b )  reveals that  there 
was a decrease in drag coefficient  with  increasing Reynolds rider in the 
range of Mach  n-rs between 0.80 and 0.90. The inconsistencies in the 
effects of Begnolds rimer at Mach ndbers of 0.18, 0.92, asd 0.94 are 
believed t o  be the  result of differences in model surface conditions. 
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It was founVfAat the  condition of the model surfaces tended t o  
deteriorate during  the tests,  necessitating frequent refinishing of the 
model. An example of the effects of surface  conditions at high lift 
coefficients is furnished by the data shown in figure 7. The data 
identified by the flagged synibols in figure 7 were obtained immediately 
after  resurfacbg  the model. It is evident from the liFt data ,of 
figure 7(a) and the pitch-nt data of,figure 7(b) that the flow 
over the wing at large angles of attack was greatly influenced by 
surface roughness. Improvement of the . w i n g  surface resulted in &ZL . 
Increase in the lift-curve slop a t  the  higher  angles of attack and a 
delay t o  higker lift coefffcients of the abrupt forward mvenmxt of the 
aerodynamic center. 

Ln an effort to circumvent the  difficult ies associated w i t h  
uncontrolled variation of model surface  conditinne,  1/2-incMide rough- 
ness s t r ips  were placed along the  entire length of the upper and lower 
surfaces of the wing. The leading edge of the  strips was  at 10 percent 
of the chord. TBe roughness was created by sprinkling nunher 60 C&IC 
borundum particles on an adhesive agent until  the  particles covered 
approximately Bo percent-of the area of the  strips. The tes t  results 
for the wing  with roughness are compred w i t h  those for the wing without 
roughness at a Reynolds n&er of 2,000,000 in figure 13. The roughness 
st r ips  apparently had a  severe effect on the f low at  supercritfcal Wch 
nwibers, reducing the lift-curve slope and causing changes i n  the 
pitching moment. 

Pressure Distribution 

The chordwise distributiom of s ta t ic  pressure on the wing at   f ive 
spanwise stations a;c8 presented fn figures 14 through 22 for a conatant 
Reynolds nuniber of 2,000,000. The figures are arranged in sequence t o  
show the  distribution of pressure a t  the Mach nmibers and the angles of 
attack  indicated in  the following table: . 

Figure m e  of attack Mach nuniber 

14 
15 
16 
17 
18 
19 
20 
21 
22 

oo t o  18' 0.18 
4O t o  100 0.60 

4 0  

-10 
00 
10 0.18 t o  0.94 
20 
3O 
40 J 

All pressure data except those for a Mach nufber of.0.18 were obtained 
s iml taneously  w i t h  the force and momnt data shown in  figure 7. 



With reference t o  figures 14(d) and 14(e), it is noted that, a t  a 
Mach  nuzdber of 0.18, s t a l l  occurred on the  outer  portion of the wing at 
an angle of attack between 14O and 160 and progessed toward the root, 
causing the u t a b l e  trend of the  pitching  mmnt noted from figure 7. 
A similar stall characteristic may be observed in figure 15 f o r  a Mach 
nuniber of Om&, the stall occurrkag in this case at  an angle of attack 
between 8* and loa. 

Reference will be made to the data of figures 18 through 22 In dis- 
cussing  the  distributfon of nom force and chord force obtained by int- 
gratian of the data and also in correlating l o c a l  pressure changes with 
the  increase in t o t a l  drag at high Mach nunibers. Ln order t o  fntegrate the 
pressure data, it was necessary t o  extrapolate ths pressure-distribution , 
curves to the trailing edge of the w i n g .  At h c h  nuuib8rs below 0.85, the 
load on the fcnxard 70 percent of the wing,  obtained by integration of 
the  pressure data, amounted t o  mer 80 percent of the normal force com- 
puted from the lift and drag data, This suggests that accurate extra- 
polation  of.the pressure data is not required to  obtain  relatively 
accurate  results. Above a EiLsch ntmiber of 0.88, the percentage of load 
carried by the rear  portion of the wing increased as the shock wave 
moved aft, and the steep pressure m i e n t s  in this region precluded 
extrapolation of the pressure data. 

. For convenience in ascertaining the extent of supercritical flow 
an the wing at any particular Mach nuniber, the local c r i t i ca l  pxessure 
coefficient is indicated in figures 18 through 22 for the higher Mach 
nmjbers. Also indicated are the crest location and the approxlimate sweep 
angle of the isobars, t o  be discussed later. 

s e c t f f f o r  aagles of attack from 0' to 16O at  
a Bhch number of 0.18 &re shown in figure 23. The effect of compressi- 
bi l i ty  on the spanwise distribution of section mrnd.4orce coefficient 
is i l lustrated in figure 84 f o r  angles of attack of Oo, 2O, and kO. For 
all angle8 of attack and W h  nunibers at which data w e r e  obtained, the 
section n0Tmal"rPorce coefficient near the root of the w i n g  was  less thaa 
it was farther out on the w i n g  semispan. Examination of figure 24 reveals 
that in the esgle-of-attack range f rom Oo to k0 the section normsl-force 
coefficients increased with increasing Mach nuniber'up t o  0.80 Bbch  nuniber. 
Further increase of the W h  number t o  0.88 resulted in  reduced sectfon 
normiL+orce coefficients on the outer portian of the wing w h i l e  those on 
the inner portion continued to increase. This Indicates that the spamiae 
center of pressure shifted toward the wing root a t  the  higher Mach 
nuPibers. 

e .- The spaawise distributions of 

A camparison of the spanwise distribution of normal loading coeffi- 
cient cnc/Cpav at a Mach nunher of 0.18 with the theoretical aistribw 8 

t ion  fromthe charts of reference 8 is presented in figure 25. Although 
the  theory used takes 8ccowrb of only the additional 1oadh.g due t o  Emgle 
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of attack,  the  theoretical  distributfon agreea fairly w e l l  w i t h  the 
experimental data except at 00 angle of attack and a t  angles of attack 
mar that at trhfch s t d l  occurred at the - t ip .  A t  Oo angle of attack, good 
agreement cannot be expected- since the loading is predQminatelg the result 
of the caniber of the w i n g .  

The Spanwise dfstributian of n o m 1  loading coefficient at several 
k c h  &em is gresented b.-figur& 26 fo r  -10s of attack of Oo, 2O, 
anti 4'. Also shown are ths theoretical Etddikicmil loadin@; distribUt.iOm 
for Mach numbers of 0.18 and 0 6. T& t o  the Mach nuniber at which the 
abrupt drag  increase .occurred, the experimental results confirm the 
theoretical predictlop that the  effect of compressibility on the distribw 
tion of the ILosmal loading coefficient I s  small. 

Aeroela~uc c h a r e i a t a . -  The r e su l t s  of the etat ic  load t e s t s  
t o  evaluate the elaetfo propertie8 of the model are ahown fn f f p e  27. 
The test method. has been described previoualy in the &ct lon  Model and 
Apparatus and ha8 been i l luetmted h figure 6 .  Tn figure 27, the 
spanwise distributicm of twiet E l e  aham f o r  the w l n g  a t  4.O angle of' 
attaok and a Reynolde number of 2,000,000 f o r  Mach numbers of 0,75 and 
0.90. The sgmbole represent the measured angles of twiet due t o  the 
camblned effects of wing bendfng and torsion, To evaluate the separate 
effects of bending and toreirm on  the angle of twist, the elastic axis wae f 
assumed t o  be a straight llne a t  40 percent of the chord.. This arie 
oorrespanded closely t o  the center llne of' the e tee l  lspar In the model. 

InspsctUn of figure 27 reveals that the wing t w i s t  was only about 
4 .To near the  t ip.  The effect of this  mount of washout an the measured 
~ ~ ~ S S W E ,  forces, and momants is apparently  small. It is  noted that 
twist due t o  torsion mially offset  the t w i s t  due t o  bending. A t  a Mch 
nuiber of 0 .9 , this   effect  was slightly lese as a result of rearward 
movement of the chordwise center of pressure. 

Conpressfb1lft;Y effect on section chord force.- To explore  the 
effect of campresaibility on pressure drag, so- of the pressure data 
were integrated t o  obtain section chord-force  coeff icfents at Oo angle 
of attack fo r  variaus Mach nmibers. The results must be considered of 
qualftative value only, since it was necessary to extrapolate the pressure 
data t o  100 percent of the chord. In order t o  better  indicate the varia- 
t ion in chord force along the semispan, the section  chora4orce  coeffi- 
cients were weighted according t o  the local chord t o   o b t s h  the section 
chord-rforce  par-ter Cc(C/Cav). The apamsiee distribution of section 
chord-force parmeter at several lhch numbers is i l lw t ra t ed   i n  the upper 
portfon of figure 28. In the lower paxt of the figure, the section chord- 
force paramstem at ffve spanwise statiane are shown as functions of Mach 
nuniber . .. . .  

It is noted f r o m  figure 28 that the root  seations of the wing had 
posttive pressure drag, w h i l e  the t i p  sections had negative pressure drag. 

I 



. 

This  result  is Fn qualitative apeement with  the  theoretical  predictim 
given  in  reference ll. With  Fncreasfng  Mach nlmiber, the region of positive 
pressure  drag  increased  both in magnitude  and  spanwfse  extent. 

The  reason for this  dlstribution of pressure drag is  evident from the 
pressure'.data of figure-29 in which  the upper and the  lower-surface 
pressures  at  three spanwise stations are compared  for  Mach riders of 
0.18, 0.80, and 0.88 for  the w i n g  at Oo Etngle of  attack.  The  crest  llne 
on the  upper  surface  of  the w i n g ,  as  previously  defined,  is  at 40 percent 
of the  chord  for  this  angle of attack. N e a r  the wing root, the  surface 
pressures  ahead of the  crest w e r e  higher and behind the crest  they  were 
lower  than a t  sections  near  the wing tip. The integrated  effects of these 
pressure differences  weresuch as t o  cause  the  section  chord  force  at  the 
root t o  be  higher than at the tip. 

With  further  reference t o  figure 28, it  is  noted  that  the  effect  of 
compressibility on the  section  chord-force  parameter  varied  along  the 
semispan. At shtions 0.15 b/2 and 0.31 b/2, the section  chord-force 
parameter  at Oo angle of attack  continually  increased  with  increasing 
Mach nuniber. On the reminder of the  winejthe  section  chord-force 
paramster  decreased up to a Mach nuniber of about 0.80, thus tending t o  
offset  the increase occurring in the  vicinity of the wing root. For Mach 
nuztibers  above  about 0.80, the  section  chord-force  parameter  increased 
wfth Mach nuniber at all except  the o u t e m s t  station.  The  source of these 
changes Fn section  chord-force parameter can be traced  to  the manner in 
which  pressures  ahead of and behind the crest  varied  with ME& rider. 
Examination  of f igura 18 reveals that, after the critical fluw condition 
was  attained  near  the  root  sections,  pressures t o  the  rear  of  .the  crest 
decreased  greatly and those  ahead of the  crest  increased  slightly. A t  the 
tip sections &ere minf ra~~~~ pressure  occurred well forward of the  crest, 
the  rearward  growth of tha supercritical  region  resulted in decreasing 
pressures  ahead of the  crest  until  the  critical  flow  condition was 
attained  at  the  crest. 

Critical  Flow and Drag  Increase  at 
High  Subsonic Mach I!hmbers 

To determine the critical  pressure  coefffcients  at  various  points on 
the wing, the isobar diagrams of figurb 30 were  prepared from the pressure 
data of figures 18 through 22. These  isobar  diagrams  show the pressure 
coefficients on the  upper  surface  of  the wing f o r  angles  of  attack from 
Oo t o  k0 and for  selected  Bhch numbers in the range where critical  flow 
conditions  were  expected to appear 011 the wfng.  Ths angle of sweep of the 
isobars was  lneasured at a number of  stations  along  the wing semispen and 

(fig. 2). At  statfons near the wing  root,the  appropriate  isobar sweep 
angle w a s  .not weU def fned because  of  the spanwise pressure gradient. In 

determiae the local  critical pressure coefficient. The crest line was 

" used to determine the local  critical  pressure  coefficient  from  equation (1) 

w this  instance, the sweep angle of the  line of minimum pressure w a s  used to 
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chosen as a reference from which t o  gauge the probable effect of pressure 
changes on the drag on the assumption that the  pressure drag a t  any 
section w i l l  increase soon after  the attaFnment of the  critical-pressure 
at the crest. !Lbe location of the  crest and the  local  cri t ical  pressure 
coefficient  are noted on the  pressure diagrams of figures 18 through 22 
f o r  the higher Mach nurnbers. . -  

." - . ." - . - - -. - . -" 

With reference t o  figure .3O(a), it is noted that  at  Oo angle of 
attack  the  critical flaw  condition w a 6  first attained near the wing root  - -  

a t  a free-stream Mach  number ,of about 0.83. With. increasing  frewtream 
Mach nurber, the line through points for which the conrponent of local 
Mach  number n o m 1  t o  the isobars waa unity .move.& rearwed ' a n d  extended 
outward t o  the wfng t i p  as  indicated by the heavy linea in  figure 30(a). 

Figure 3 l i e  a graphical  fllustration of the  relation of the occur- 
rence of c r i t i ca l  f l o w  conditions at  the  crest  pojnt of several  stations 
along the w h g  semispan t o  the t o t a l  drag variation  with  increasing Mach 
m e r .  In this figure, the e x p e r h n t a l  curves showing the: variation 
w i t h  Mach number of pressure coef f icbnt   a t  the crest  .line are intersected 
by theoretical curves representing.the  variation of local  cri t ical  
pressure coefficient Pcp with Mach nmiber. The intersection of these 
curves defines  the Mach. &er Mq at which the  cri t ical  flow condition 
was attained at  the  crest of each  spanwise section. Also Fndicated i n  
t h i s  figure 3 s  the d r a e i v e r  ence Mach &er which has been defined  as 
the Mach  number a t  which (aC&M& is equal t o  0.10. 

- ". --- - " "" " " - " . . " . 

The correlation between the occurrence of c r i t i c s l  flow conditions 
a t  the  crest 1- of the wing the  .abrupt drag increase 1s good 
throughout the angl-f-attack range from- Oo t o  bo, drag divergence having . 

occurred at 8 Mach nuuker slightly a6ove that a t  which the cr i t ica l  flow 
condftion was attained  at  the  crest of the entfre w i n g .  It is interesting 
to note that had the minimum pressure line been used as a reference , . 

instead o F  the  crest line, the.  correlation would not have been as satis- 
factory a t  angles of attack of 3 O  and 4 O  because of the forward position 
of minimum pressure at the  outer stations. For instance, it is indicated 
in figure =(a) that at 4' angle of a t tack  supercritical flow prevailed 
near the lead- edge of the auter half of the w k g  at a Mach nunher of 
0 .TO, yet from figure  3l(e)-  the  dragdivergence M%ch 'number is indicated 
t o  be 0.81. The cr i t ica l  flow condition at the  crest of the  outer  portion 
of the wing was attained at a Mach  nuniber of about 0.78. 

- . -1- 

Since the rate. af drag increase is dependent upon the  rate of devel- 
opmsnt of the  supercrit  ical f low regions, i.t should be noted that this 
wing had the special property of &ta in iq . the   c r i t i ca l  flow condition at - 

the  crest of the various spanwise statiahs w i t b . a  narrow range of &ch 
numbers. W s  range of Mach  numbers is probably larger for  more hfghlg 
Swept W i l l @ .  
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, Pressure  chan@;es  with  Increasing  Mach  Nmiber 

17 

i 

The  vari&%tion  of  pressure  coefficient with freestream Mach rimer 
at  several  positions on the uppr surface of the wing is  illustrated in 
figure 32 for Oo, 2O, and bo angle of attack,  Data are presented fo r  
stations 0.15 b/2, 0.55 b/2, and 0.917 b/2. Also shown in this figure 
are  the  liftdivergence and drapdivergence  Mach nunibers for  the wing  at 
various  angles of attack. It is apparent f r o m  the data that  the effects 
of compressibility on the  surface  pressures  were  different at the  various 
spanwise and chordwise stations. 

A t  chordwise  stations near the  crest,there was a fairly  uniform 
decrease in pressure  coefficient  with FncreasIng Mach rider up to the 
U c h  nuniber  of  drag  divergence, but,at points near  the  leading  edge and 
near the  trailing  edge  of  the w- the  pressure  coefficients  showed no 
consistent  variation  with Mach nuniber.  While  this fact  discourages 
attempts to  predict f r o m t h e  low-speed data  the chordwtse and spnwise 
distribution of pressure at high sdsonic &ch  numbers, it does suggest 
that a theoretical  compressibility  correction  might be useful in predict- ' 

ing  the  uppersurface pressures in the  vicin€ty  of the wing crest line 
and thus might provide a means for  estimating  the  drag-divergence  Mach 
number. 

. Estimates of  crest pressure changes with  increasfng;  Mach nuznber.- 
% There  are  available  several  approximate  expressions  derived  on  the  basis 
of  linearized  theory  for  estimating  the  effects of compressibility on the 
pressures  over a yawed airfoil,  These  expressions  generally  involve the 
assumption  of  two-dimnsional  nonviscous flow In the  subcritical  Mach 
nunher  range. 

Ih the absence of  more  general  expressions  applicable to the  three- 
dimensional  flow  over a swept w i n g  of. f ini te  span, several  such  expres- 
sions have been  investiga,ted wlth regaxd t o  their  usefulness in predict- 
ing the  pressures at the crest  line of the swept W i D g  of this report. 
These expressions  are: 

1. frandtl-Ghuert.expressian modified for sweep effect 

2. &m&-Tsien expression modified  for  sweep  effect 
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3. Weber expression from reference 12 

It should be msntianed that equation ( 5 )  involves an additional 
a s s q t i o n  based 011 experimental results of tes t s  of a w i n g  of f b i t e  - 
span having 45O sweepback of the  leading edge. Since a l l  these  relation- 
ships are  based on two-dimensional flow, -i-k is to be expected that  their 
application would give -the b e & .  results. at the midSeml6p~n of the wing 
where the flow is the  least  influenced by end effects. 

- 

- ~. "" . . .  

" 

In figure 33, tbe  effect of compressibility on the  experimntally 
determined pressure  coefficient on the upper surfeie"at"t& Great yoint " 
of station 0.55 b/2 is compared with those which would be predicted by -' 
the use of equatiom(3); (4), and ( 5 ) .  The comparison is shown f o r  Oo, 
2O, and bo angle of attack. In each of the  theoretical  expressions,the 
sweep angle q was talren-as the swe.ep angle of the  crest lfne, vaqing 
from approximate* 3 3 . 7 O  a t  00 angle of attack t o  34 .go a t  4p angle of 
attack. Also indicated in figure 33 are the experimentally determined 
Mach numbers for  the attainment of the. c r i t i ca l  flow condition (denoted 
by Mv) at the  crest of station 0.55 b/2 for the  three angles of attack. 
While the  pressure  coefficients  calculated by use of the F'randtl-Glauert 
expression,  equation ( 3 ) ,  appear t o  compare more favorably w i t h  the 
experimental &ta  at.the lower Mach nunibers, thbse  calculated by use of 
the K&dn--Tsien expression;  equation ( k ) ,  shaw"the- ijest akeemnt at 
Mack nunibers near that a t  which the  cri t ical  flow condition is attained. 
In  the  following  section,use 1s made of equatian ( 4 )  fn estimating Mq 
at  the  crest  of station 0.55 b/2 from the low-speed pressure data. 

." 

.. . 

Estimated Mach nmiber for attainment of the c r i t i ca l  flow condi- . 

tion.- As has been  pointed  out, t h e  drag of this wing imreased  abruptly 
a t  a Mach number elightly above that at  which the  cri t ical  .flaw condi- 
'tion had been a€tained at the crest of the entire w i n g .  Therefore, it 
is of interest  t o  ccmpake the Mach  nuniber for drag divergence w i t h  the 
estimated values of MQ a t  the  crest of station 0.55 b/2 based on t h e  
lm-epeed pres8ure data and equation (4). This.comparison is made i n  
figure 34 wherein the experimental drag-divergence Mach .number of t he  ' . - ' - .. . . 

wing and the estimated values of M q  for the creet  point of spanwise 
station 0.55 b/2 are sfiam' aKfunctions of the angle of attack. The 
estimated values of M Q  were calculated fran equations (I) and ( 4 )  
using the crest  preesures obtained from exgerimental data a t  a Mach 
number of 0.18. The sweep of the creet  line was usedl in datermining 
t k e  local c r i t i c a l  presaure coefficient. Also  shown in  f igure 34 are 
t he  experimental ~ a l u e a  of M a  f o r  t h e  creet'pointe of statiom 0.15 b/2, 
0.55 b/2, and.0.917 b/2 obtained from figure 31. 

. . .  

. -  . .  

" 
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Good agreement e x l e t s  between the experimental and estjmated values 
of Mcp at  station 0.55 b/2. A t  Oo angle of attack, Mp for station 
0.15 b/2 was considerably lower than for ektionrr  farther from t h e  wing 
root, but, a t  about 3O ang le  of attack, Mcp was approximately the same 
for all statiom. A t  all angles of attack, the values of Mcp were lower 
than the drag4ivergence Mach nrmiber %, as mfght be antioipated  in 
consideration of the arbitrary  definition of drag4AvaPgence Mach number 
( the Mach number at which ( &d&f0), = 0.10). 

The aerodynamic characteristics of a wing having 37.250 sweepback 
of t he  leading edge' and an aspect r a t l o  of 6.04 have been evaluated from 
wind-tunnel tests of a samispan model a t  Mach nunibem up to 0.94. The 
results of the t es t s  Ind icate the following conclusions: 

1. The effects of compressibility on the force and moment charaote- 
istics of this  wing a t  low and modemte lift coefficients w e r e  small up 
t o  Mach numbers f o r  which the abrupt drag increase occurred. Deterion- 
t i on  of the l if t ing  characterist ics of the Xing st high Mach numbers 
generally did not occur until the drag had increased by a considerable 
amount. . 

2. The effect of cbmpreseibility on the syamise distribution of 
n o m 1  loading  coefficient was  small for angles of attack of Oo to bo 

A t  higher Mach nmbera, a rduc t ion  in  load on the outer  portion of the 
wing caused the spanwise center of pressure to sh i f t  touard the  wing root. 

- - and for Mach nunibers up to that a t  which t he  abrupt drag increase began. 

3. A t  Oo asgle of attack, as the Mach m e r  w a s  fncreased t o  that 
at which the  abrupt drag rise began, the section chord-force  paraneter 
cc( c/cav) for  sections near the w w  root  increased, while for  sections 
near  the wlng tip it decreased. 

4. A t  angles of attack between Oo and 40, the pbrupt drag increase 
began at Mach nmbers  slightly higher than  those a t  which the   c r i t i ca l  
flow condition had been attained at $he crest lins of the entire w i n g  
(the crest line being defined as the locus of points on the w i n g  surface 
at which the surface is tangent to t h e   d h c t i o n  of the undisturbed air 
stream). A c r i t i ca l  flow condition was  considered to exist  when the 
component of local velocity normal to  the  isobm  equalled  the local 
speed of sumd. For this wing, having mode*te sweepback, the cr i t ica l  
flaw condition was attained at the crest  of the  various spanwise stations 
within a narrow range of Mach nunibers, - 
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5.  A useful guide i n  estimating  the drag-divergence Mach nuniber of 
a mderately swept King a t  low %lee of-attack is provided by calcula- 
tions of the Mach nuuibers at which the critical  flow-condition occurs a t  
the  crest of various swwise sections. For sections near the mibemi- 
span, these  calcuhtians mag be based on pressure  distributions measured 
a t  low speeds suitably modified for  the  effects of compressibility. " 

.- 

- 

Ames Aeronautical  Laboratmy, 
National Advisory Committee for Aeronautics, 

Moffett Field, C a l i f .  

IxeRFTATIOII OF THE CRITICAL PEIESSUEUZ COEE'FICIEZiT 

A n  errpression for   local   cr i t ical  pressure  coefficienk in terms of 
the  local sweep angle of the  isobars and the free-stream Mach nmiber can 
be  developed as follows. With reference.to figure 1, 

v2 Y P To2 7 Po ""-"+" 
2 7-1 P 2 7-1 Po 

Making use of the isentropic relations a2 = Tp/p and ao2 = YPo/~,, 
and combining equations (A21 and (A3) 

." " . .  

7 
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or  since po = poao2/y, 

Y I 
2 7-1 

Pcr - Po MO2 cos2 cp) y* - 1 ] 
Y 

which can inmediately be expressed as in equation (I) 

Y 
I 

cos2 rp )] 7-= "l}. 
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Figure 6.- W i n g  d e l  w i t h  weights simulating aerodpamig loadings 
at bhch nuibers of 0.75 and 0.90. R, 2,000,000; %,4 . 





figurn 7.- T;ire efMt of Adacl, number on the tin, dmg, and pitchihg-moment coefff&nks. R, 2,000,000. 

"' "I 

F 

8 
B 0 
P 

L 
W w 



1 :  ' 
b 

! .  

! i 

, m ; . . ~ , ~  " . l  l",.d ,, . .,'.'I.. ., . . .... i - II ,'. . .  I :  I . . . ... . . . .  '? I - 1  



. . . . . . . - . . . . . . . .. . . . . . . . 

* 

. . . . . . . 

ff'm 7.- Concuded. 

. . . .  . .. . .  .. . 



NACA RM AgKOl 

. "_ 
"" 

.02 8 

0 ./ .2 .3 .4 .5 .6 .7 .8 .9 LO 

Mach number, M, T 

Figure 8. - 77re variafion d f h  Mach  number of the /iff coeffidenf at 
severs/ angles of attack and of fhe pitching-moment  coeffhcienf ut 
several va/ues of fiff coefficienf. R, 2,000,000. 



WLCA RM A D 1  

.O/ 

0 

Moch number, M, 

Figure 9. - ?%e voriufion with Macb number of the drag coeffct'ent ~t several 
angles of attock. R, 2,000,000. 



38 mACA RM AS01 

0 ./ .2 .3 -4 .5 .6 -7 .8 .9 LO 

Much number, M, 



. MACA RM AgKO1 39 



42 -8 -4 0 4 8 I2 16 (for &f8) .# 0 -04 4 8  /for &.I@) ! 

Angle of ottacocrS, a, deg p i l c h i i m o m i  coeffkkni, 6 



. . 

I I 

I. 2 

LO 

.8 

- .P 

-.4 

. .  

1 

. . 

Drag coefficienl, C, 

(b) vs 

. . . . . . . 

. . . . . . . . . . 
I 

I * 

c 





. .  . .. 

I I 

- .  . . . .. . . 

1 

. . .. 

0 .02 .04 06 08 .lo a .i2 .I4 I6 .i8 .20 (for M,=./8) 
Drop coefficient, C, v 

13. - ctmwed. 

.. . . .. 
1 

9 

. .. 



. .  ... , , . 



. .... . . . . . . . .  . .  .. . .. . .  

8 I I 

. . . . . . . . . . . . . . . . . . 

I 
4 

. .  

. 



. .. . 

14.- w. 
: !  

;I/ 

. ,,I . . . .  '/ 

, 



. . . . . . . . . . . . . .. 

I I I I 

. . . . . -. . . 

" I 
1 1 

.... . 



\ ' I  



. . . . .  . . . .. I . 



wl 
0 

nwre IS. - The chordwise  distribufion of pressure coefficient at five semiqan sfatlons for several angles of attack, 

M,,0.60; R, 2,000,000. 



. "  

I 

. . . .  . . . . . . . . 

L . 



Q 

Sta OJ5# 

-a 

-.4 

0 

.I 
a Lower surfac 



." . . . . . . . . . 

I 

I . I 

Y 

-E 

0 

.4 

8 

"d 

0 

F W  16.- Gonthed. 

. . . .  . . .  



.. ". 

-# 

0 

Figure 16.- Cmffnued. 
I /  

Sa. 0.31j Sta Q55j 

f i i i i i i i i i l  

I 

. . .  . = I  
'I " "  "L 

I 



. . . . .  . .  - . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 

I 

Y 

-.4 

0 

.I 

a 0 . m 1 0 8 0 m  

sto. 0.55. 

0 . ? 0 4 0 6 0 w  

. . .. . . . . . . . . . . . . . . . . . , I  

I 



-.8 

-.4 

0 

.4 

-E 

"4 

0 

.4 

8 

-8 

-*4 

0 

B o p o 4 o t v w  o m r o t v a o ,  0 Po 1 0 1 6 1 )  w 

! 

I '  I "I 
. .II . i ... I . .  ,. .. 111 

1111 I 



-B 

-.I 

0 

I 

-E 

".I 

0 

.4 

E 

-,4 

' 0  

- . . . . . . . . . . . . . ." 

I 

%. 0.3# 

. . . . - . . - - . . . . . . . . . . - ,  

I # 

.. 



Y 

-8 

-.4 

0 

.4 

R 
0 m 4 0 4 0 8 0  

mue tz- w i .  

I L  

! i: Y 
I" 

, 
1 

I . I. I .. . I .  , . .  ~ . . I  i 
.I 

II 

0 . w  +o LV m m  



. . . . . . . . . 

? 

I 

-8 

-.I 

0 

.4 

# 



-i? 

-.I 

0 

.I I 

E 

1 
a 



. . . . . . . . . 

I 6 

. . . . .  

8 

. . . . . . . . . . . " . . 

0 . ? 0 1 0 6 0 8 0  

F f .  18.- CtWiied. 



... 

-4 

-.I 

0 

.I 

B 

I 

I./ j ' I 1 



" I  
.. ... 

I I 

s; 

o r n a b o w  

percevrt chwd 

,v) & ,oo ~,0.90, 0.92, 0.94 

. . . . . . . 



. .  

AQmentarrmd 
. .  

I I  



. . . . . . . . . . . . . . . . . . . . . . . . -. . 

1 I 

figurn I9 - Continued. 



n 

Y 

I I I I I I I I I I I  

Sfa. 0.311 sta. "55. 

Lower surface 

Sfa. "733% 

I I I I I I I I I I I  



. . . . . . . . . . . . . . . . . . . . 

I I 

4 

0 Po 40 8 o . m  

F i m  19.- Gwchded. 



Q 

Y 

-.+ 
0 

0 Po Io" 80 

I 

I 
. . . . . . . . . . . . m u  

'I 

I 
I ]  



. . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 

I I 

. . . . . . . . . . . . . . . 

! 
! 

8 I 

. . . . ..  ... 



Q 

Y 

sfa. 0.15; 

-.I 

0 

.4 

8" 

-4 
0 

Ripre 20.- Continued. 

i 
I 
c 



. . . . . . . . 

I I % . . . . . . . . . . . . - 

I 1 

n 

Y 

-E 

-.4 

0 

.4 

8 

-.4 

0 

B 

O P O 4 O s O B o  

femmtchmd 
w) 4, Po ,. 4,0.90, 0.92, 024. 

mum 20.- Cancluded. 



n 

shl0.9q 



1 I 1 . . . . . . . . . . . . . . ..I 

I 

.. . . .  . . . . . . . 



Upper surfoc 
I I  I 



. . . . . . . . . . . . . . . . . 

I a 

. . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .. . - . . . . .. . . . . . . . . . . . . . . . . . .” . I 

1 1 

-# 

-# 

0 

.I 

Y 

0 , ? 0 4 0 6 O B O  

Percent chard 

(ara,,,So, &,0.90, 0.92, O H  

. . .  . . .... 



Sta. 0.3$ Sfa. 0.55: 

Lower surface 

$to. 0733: 

' I  

I 
1 



. . . .   . .  

I I 

0.15; 

Q 

E B 

. . . .. , . . . . . . . " . . . . . , . . . .  

1 . 

.. . 



-4. 

-82 

-E 

-.I 

0 

.4 

E 
o p o ~ o t v m  

F@re 22.- continued. 

sta. 0.733,m 

! 



. .  ." 

l * b . 

Y 

0 80 40 60 80 100 

I 

(d) a", 40; @,0.90, 0.92, 0.94 

Figure 22.- Concluded. 



MAU RM AgKol . 

. 

F?um 23.- The spanwh dis&/bution of section norma/-force cueffldent 
at several angles of attack. M,, 0. IS; R, 2,000,000. 
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figurn 25.- 7% SEpOnwse distnButiim of norma/ /oad!g coefficient at 
severd angles of oftack. Me, 0./8; R, 2,000,000. 
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